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Design of a Hybrid Chemical/Electric
Propulsion Orbital Transfer Vehicle
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A hybrid chemical/electric propulsion orbital transfer vehicle was studied for a coplanar transfer from low
Earth orbit to geosynchronousorbit. The goal of this study was to develop a strategy combining the two propulsion
systems to reduce total radiation loads on the spacecraft and to provide attractive total trip times. Propulsion
systems were sized based on current technology storable bipropellants for the chemical stage; three separate
electric propulsion systems were considered for the low-thrust portion of the mission. The effect of the relative
amounts of chemical propulsion on trip time, vehicle mass, and overall radiation dosage has been characterized. In
addition,the effect of orbit inclination,the altitude for initiationof the chemical propulsiveburns,and payloadmass
have been considered. Attractive options have been identi� ed that are substantially lighter than a pure chemical
system and that offer trip times and radiation loads substantially less than a pure electric system.

Nomenclature
a = spacecraft’s acceleration, km/s2

E = particle energy, MeV
F = thrust, N
Isp = speci� c impulse, s
i = orbit inclination, rad
L shell = L shell in Earth radii
m = mass, kg
Pm = mass-� ow rate, kg/s
Pw = total input power, kW
r = position radius from Earth’s center, km
re = distance in Earth radii
t = time, s
¯ = speci� c mass, kg/kW
° = � ight-path angle, rad
1V = delta V , km/s
´ = ef� ciency
µ = argument of latitude, rad
¸ = magnetic latitude, rad
¹ = Earth gravitationalconstant, 3.986£ 105 km3/s2

8 = particle � ux, particles/cm2/s

Indices

pp = power processor
R = radiator
T = total
th = thruster/thermal
tpp = system thruster/power processing unit

Introduction

U PPER-STAGE systems are performance driven because they
must be carried to low Earth orbit (LEO). For this reason,

low-thrust electric propulsion devices provide an attractive alter-
native to traditional chemical propulsion upper-stage systems. The
advent of new high-power arcjet and Hall effect thruster (HET) de-
vices, combined with signi� cant ef� ciency gains in solar voltaic
technologies, has made electric propulsion a viable alternative for
this application.1;2 Many studies on orbital transfer from LEO to
geosynchronous orbit (GEO), involving electric propulsion have
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been performed.3¡8 In the case of orbit transfer, the use of electric
thrustersas primarypropulsionleads to a signi� cant increasein total
trip time. Accordingly, earlier efforts were mainly focused on opti-
mization of the trajectory to minimize the total trip time or the total
fuel consumption.6¡8 One of the main issues/concerns associated
with all-electric orbital transfers is the potential radiation dose due
to extended times required to traverse the Van Allen radiation belts.

A dual high/low thrust (chemical/electric propulsion) is a viable
alternative to reduce radiation exposure in missions where this is
a concern. A high-thrust chemical propulsion system would be
utilized to rapidly traverse high-radiation zones in the Van Allen
belts and the higher ef� ciency low-thrustelectricpropulsionsystem
would then be used for the remainder of the mission. Several stud-
ies have been performed on combined chemical/electric propulsion
trajectories.Early work9 showed that the use of high thrust and low
thrust combined is often superior in payload capability to the use
of either system alone for a high change in radius. Other works10;11

have shown the desirability of this option for lunar and interplane-
tary missions.

In the present study, a combined high-thrust/low-thrust orbital
transfer vehicle is used to simulate a coplanarLEO to GEO transfer.
The goal of this work is to evaluate the in� uence of the payload
mass, the engine type, the initial altitude for the application of a
high-thrust system, and the inclination of the orbit. Their effects on
the total trip time, the radiation level, and the gross weight of the
vehicle are analyzed. The following sections describe the elements
and validationof themodel, results, and conclusionsfrom this study.

Model Development
The overallmodel has four major components:propulsiondesign,

trajectory integration, radiation calculations, and mission design.
This level of detail permits investigation of tradeoffs between the
propulsion system, the integrated radiation dose, and the selected
trajectory/mission design. The propulsion system design is further
subdivided into two classes, the high-thrust chemical propulsion
system and the low-thrust electricpropulsionsystem.The following
subsectionsbrie� y outline the sizing/designmethodologyemployed
in each of these modules; a more detailed discussion can be found
in Ref. 12. Here, our goal is to providepropulsiondesign algorithms
suitable for parametric studies. For this reason, the techniques may
not replicateweightsfor actual thrusters,butwill vary in a physically
realistic manner with changes in engine thrust.

Propulsion System Design
High-Thrust Chemical Propulsion System Design

The chemical propulsiondesign is based on the technology level
employed in the space shuttle orbital maneuvering system (OMS)
engine.13 This engineutilizesstorable liquid hypergolicpropellants:
nitrogen tetroxide(N2O4) and monomethylhydrazine(MMH) with
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Table 1 Space shuttle OMS
performance in vacuum

Parameter Value

Thrust 26,700 N
Speci� c impulse 313.2 s
Chamber pressure 862 kPa
Mass-� ow rate 8.61 kg/s
Expansion ratio 55
Thrust coef� cient 1.81

a mixture ratio of 1.65. This engine has performance similar to that
of numerousotherspaceenginesusingN2O4/MMH propellantsand
was viewedas a reasonablealternativefor moderate-sizedpayloads.
Table 1 provides a summary of performance characteristicsfor this
engine.

Components that are sized in this design module include the
thrust chamber, injector, nozzle, propellant tanks, and pressurant
tank.Miscellaneouscomponentssuch as valves,plumbing, and reg-
ulators are budgeted 5% of the propellant mass in the system. The
design methodologies employed follow guidelines set by Humble
et al.14 Propellant tanks are sized assuming an 8% ullage volume to
allow for trapped propellant and possible propellant expansion un-
der high-temperatureconditions.Tanks are assumed to be spherical
and of titanium constructionwith a tank design factor of the design
burst pressure times the internal volume, divided by the tank weight
(PV=W ) (a top-level performance measure for a pressure vessel)
of 2500 m (Ref. 14). Tanks are designed with a structural factor of
safety of 1.25, and the tank pressure is assumed to be 25% higher
than the chamber pressure (Table 1) to provide an adequatepressure
drop for injector performance.

Titanium is also utilized for the pressurant tank, and a PV=W
of 6350 m is assumed.15 Helium pressurant is utilized at an initial
pressure of 21 MPa with a � nal pressure equivalent to the tank
pressure. The pressurant is assumed to begin at room temperature
(273K), andanadiabaticblowdownprocessis assumed to determine
gas temperature during the � ring process and the total amount of
pressurant required. To determine the total volume of pressurant
required, an iterative method is applied because the pressurant tank
volume itself is initially unknown. Iteration on the pressurant tank
volume proceeds until adequate pressurant is available to � ll all
three tanks (fuel, oxidizer, and pressurant) with gas at the selected
tank pressure.

The combustion chamber is sized using the methodology de-
scribed in Ref. 14, wherein wall thicknesses are determined from
thin-walledpressurevessel theory.The chamber throat area is deter-
mined from Table 1 information,and the chamber internal diameter
is computedfroma correlationin Ref. 14. The chamber length is de-
rived fromcombustionresidencetime considerations.14 Columbium
is assumed as the chamber material; it has a density and ultimate
tensile strength of 8500 kg/m3 and 310 MPa, respectively. Here,
a safety factor of 2.5 was utilized to account for stress concentra-
tions developed from the high-temperature combustion gases. The
design burst pressurewas assumed to be 25% greater than the cham-
ber pressure, and the injectorwas assumed to be a plate of thickness
twice that of thechamber.The nozzlewas assumed to be columbium
as well and was designed assuming a 15-deg conical shape. Note
that the exit diameter can be computed from the throat area and
expansion ratio.

Low-Thrust Electric Propulsion System Design
The electric propulsion system comprises a solar array power

source, propellant tankage, thrusters, a power processing unit, and
radiators for rejection of excess heat. Three different low-thrust en-
gines are implemented in the model: a 30-kW arcjet based on the
electric propulsion space experiment (ESEX) engine,16 a stationary
plasmathruster(SPT-100)17 andan HET-220are studied.18 For prac-
tical design reasons, it was decided that a number of four thrusters
was a maximum.For eachengine,the setof inputsin Table2 is given.

The SPT-100 and HET-220 uses xenon as propellant, whereas
ammonia is used for the ESEX thruster. Xenon propellant is stored
as a supercritical gas at 74-MPa pressure. Ammonia is stored as a
saturated liquid at pressureof 1.4 MPa (Ref. 19). The titanium tanks

Table 2 Characteristics of electric thrusters used in the study

Power, Thrust, ´th, ´pp, Mass � ow, Number of
Thruster kW mN Isp , s % % mg/s thrusters

SPT-100 5.4 332 1600 50 96.5 20.4 4
ESEX 30-kW 26 1930 787 28.4 95 240 1

arcjet
HET-220 43 2096 2379 57 95 89.6 4

are assumed to be sphericaland are sized using thin-walledpressure
vessel theory with a safety factor of 1.25.

The engines are all assumed to be powered by solar arrays. Al-
though arrays using gallium arsenide cells are less sensitive to ra-
diation degradation than the traditional silicon photovoltaics, they
tend to be heavier [speci� c mass of 16.7 kg/kW vs 7.2 kg/kW for
Si (Ref. 20)]. The choice was made for the lightest one because
the radiation dose is to be minimized as a result of the mission
strategy. Thus, the solar array mass is simply the product of the
speci� c mass and the selected power level. A power processingunit
(PPU) transforms the array output into the form suitable for the
thruster. Following Ref. 14, the system thruster/PPU speci� c mass
(kilogramsper kilowatt) ¯tpp is modeled as a functionof the speci� c
impulse Isp:

¯tpp D C ¢ I D
sp (1)

where ¯tpp is in units of kilograms per kilowatt. The parameters C
and D had values of 1.8 and 0.0 for the arcjet thruster,14 and a C
value of 123,100 and D value of ¡1.198 were used for the other
two thrusters.Engine and PPU masses were obtainedby multiplying
¯tpp by the selected power level.

Althoughthe thrustersemployedare generallyassumed to radiate
excess power during operation, radiators were sized for the space-
craft assuming that one would want to make use of the large power
available from the solar arrays once in orbit. A speci� c radiator
mass of 4 kg/kW was assumed in this instance to budget mass for
the radiators for this purpose.

Radiation Belt Modeling
The doughnut-shapedVan Allen belts are most prominent at lat-

itudes less than about 60± and at midaltitude regions between LEO
and GEO. The inner belt occupies a compact region above the ge-
omagnetic equator (3000–25,000-km altitude). It is populated by
protons of energies in the 10–100-MeV range. The outer belt is
nowadays seen as part of the plasma population, for example, ions
of about 1 MeV of energy.

Modeling the complex phenomena of the space radiation envi-
ronment is not a straightforward task. Indeed, solar proton events
and cosmic rays greatly in� uence the dynamics of the belts. The
model utilized in this study is derived from Ref. 19 and assumes a
minimum solar activity and no cosmic rays events. Radiation lev-
els are presumed to be constant on torroidal surfaces denoted by
an L-shell value. A magnetic L shell is the surface generated by
rotating a magnetic � eld line around the dipole axis as illustrated in
Fig. 1. The magnetic L-shell surface approximately satis� es

L shell D re

¯
cos2.¸/ (2)

where re is the distance from the Earth’s center expressed in Earth
radii and ¸ is the magnetic latitude.19 The axis of the magnetic � eld
is tipped with respect to the rotation axis of the Earth by 11.4 deg.
Therefore, true north, which is de� ned by the direction to the north
rotational pole, does not coincidewith the magnetic north, which is
de� ned by the direction to the north magnetic pole. However, they
are assumed identical in this model, and the magnetic latitude is
de� ned by the following equation:

¸ D arcsin[sin.µ/ ¢ sin.i/] (3)

The magnetic latitude is a function of the spacecraft’s argument of
latitude µ and the orbit inclination i . Note that the longitude of the
ascending node is assumed to be zero. Fluxes for electrons with
energieshigher than 0.5 MeV and protonswith energieshigher than
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Fig. 1 Van Allen radiation belts schematic using Lshell model. (Radiation levels are assumed to be constant on each L-shell contour.)

Fig. 2 De� nition of the trajectory in a coordinate system with origin
at the Earth’s center.

100 MeV are computedon surfacesof constant L-shell values.If the
magnetic latitude is higher than 60± , the radiation is negligible.This
total energy � ux integrated for each step time along the trajectory
gives the total radiation dose for a given mission. A more detailed
description of the radiation environment (including solar activity
and cosmic rays) can be found in Refs. 20–23.

Trajectory Model: Mission Design
In deriving the spacecraft’s equations of motion, a simple spher-

ical gravitational � eld without any perturbationsdue to solar radia-
tion pressure, third-body effects, or other small forces is assumed.
Constant thrust is assumed during all propulsiveburns and a planar
trajectory is considered for all cases.

The Earth-centeredspherical (Or; Oµ ) coordinate system used in the
studyis shown in Fig. 2. The vectorF representsthe thrustvectorand
® the thrust angle.The velocityV makes an angle° called the � ight-
path angle with the normal direction. The thrust is assumed to be
parallelwith the velocityvector. It is well known that this condition
is an optimum direction for very low continuous thrust transfer.24

This approximationis also employedfor chemicalpropulsionburns.
Under these assumptions, the equations of motion are

Pr.t/ D Pr D u (4)

Pµ.t/ D Pµ D v=r (5)

Pu.t/ D Rr D v2=r ¡ ¹=r 2 C a sin ® (6)

Pv.t/ D r Rµ C r Pµ D ¡[.u ¢ v/=r ] C a cos® (7)

where ¹ is the Earth gravitational constant, that is, 3:986 £
105 km3/s2; r is the radius; µ is the argument of latitude or posi-
tion angle; u is the radial velocity; and v is the normal velocity.
The spacecraft’s acceleration magnitude a and the thrust angle ®
are de� ned as

a.t/ D F=.m0 ¡ Pm ¢ t/ (8)

sin.° / D u
¯p

u2 C v2 (9)

where m0 is the spacecraft mass at the start of the � ring and Pm
is the propellant mass-� ow rate during thruster operation.Once the
propulsionmassbudgetis de� ned from theestimatedpropellantload
and the initial engine characteristics(i.e., mass-� ow rate and thrust
level) chosen, the integration of the trajectory is initiated. The state
variables initial values correspond to a circular orbit at an altitude
of about 200 km (LEO), whereas the end state was assumed to be a
circular orbit at geosynchronousaltitude.Under these assumptions,
the initial conditions for the trajectory integration were

r.t0/ D 6578 km; u.t0/ D 0 km ¢ s¡1

v.t0/ D
p

¹=r0 D 7:784 km ¢ s¡1; a.t0/ D F=m0

The equations of motion (4–7) are integrated using a fourth-order
� xed-step Runge–Kutta numerical integration scheme until the de-
sired � nal radius of 42,164 km was attained.

The simulation allows for four different mission strategies: 1) all
low thrust (L), 2) high thrust/low thrust (H/L), 3) low thrust/
high thrust/low thrust (L/H/L), and 4) all high thrust (H). Note
that the solar arrays and antenna must be stored before high
thrust burns, and so the L/H/L strategy would require a deploy-
ment/storage/deploymentof solararrays.The switch from lowthrust
to high thrust is performed at a chosen radius (Rswitch ). This radius
is to be optimized on considerationof the Van Allen radiation belts.

The high-thrust portion of the mission is based on a Hohmann
transfer with two burns and a coast phase as shown in a typical tra-
jectory plot in Fig. 3. However, becausereal engines are considered,
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the burns are not impulsive and are smeared over a small arclength
of the trajectory, thereby leading to a small gravity loss during this
� ight segment. For a typical burn time of 150 s, a radius change of
about 5 km and an angle change of about 8 deg are observed. It has
been shown25 that burns centered on the line of apsides produce be-
havior equivalent to an ideal Hohmann transfer. This approach was
not practical in this analysis due to changes in vehicle mass during
the burn and the implicit nature of such a requirement. For this rea-

Fig. 3 Schematic of the different phases of the mission; the radius
Rswitch denotes the location where high-thrust chemical propulsion is
initiated.

Fig. 4 Flight-path angle vs TB2¤ for TB1 = 100 s; an optimal TB2 value exists to minimize the � ight-path angle at arrival.

son, the second thrust burn (TB2) is initiated when the � ight-path
angle is smaller than 10¡3 deg after the � rst thrust burn (TB1). This
conditionproved to providean adequatereplicationof the Hohmann
transfer.12

One of the requirements for the mission is that the � ight-path
angle at arrival be as close as possible to zero. This requirement
will minimize any correction maneuver when reaching the � nal
orbit. The second burn time in the Hohmann maneuver (TB2) is
optimized such that the � ight-path angle at arrival is below 1 deg.
Changes in TB2 re� ect nonlineareffects becausevehicle propulsion
masses are adjusted to accommodatevaryingamounts of propellant
consistentwith this parameter. For this reason, the � ight-path angle
at arrival is not a monotonic functionwith respect to the second burn
time. For each TB2, the � nal radius slightly differs from 42,164 km
and the computed � ight-path angle corresponds then to a slightly
different orbit and different vehicle. Figure 4 depicts these trends
for a given trajectory and vehicle design strategy. Results indicate
an optimal TB2/TB1 ratio, referredas TB2¤ , to minimize the � ight-
path angleat arrival.The TB2 valueminimizingthe � ight-pathangle
was found for three values of TB1: 50, 100, and 150 s. The three
data points were curve � tted to provide an optimal TB2 value for
an arbitrary TB1 in this range. This strategy provided a means to
minimize � ight-path angles at arrival for all cases employing the
high-thrustpropulsion before a low-thrust burn.

To get the exact propellant loading on the spacecraft,an iteration
is completed for the low-thrust propellant mass. The high-thrust
propellant load is fully determined by the two burn times and the
given mass-� ow rate. An initial guess gives the spacecraft’s initial
inert mass design. The mission is run, and the actual low-thrust
propellant burnt during the mission is compared to the initial load.
If they do not match within 0.1% of the mass burnt, the initial load
is updated to half of the sum of the previous initial mass and the
actual used mass, and a new design of the propulsionsystem is done
accordingly. To not burden the spacecraft with a useless payload,
the high-thrust inert mass is jettisoned after the second burn. Only
the � rst mission has an arbitrary initial guess. After convergence
of the mass iteration for the given mission, that is, TB1, the next
initial guess is for the new mission is the preceding step solution.
This increasesthe convergencerate on the propellantmass iteration.
The very � rst run takes about 13 iterations to convergewithin 0.1%,
whereas subsequent runs take four to � ve iterations to reach the
same accuracy.
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Model Validation
Propulsion sizing modules were validated by comparison with

hand calculations for a baselinecase described in the following sec-
tion. In addition,propulsionsystem mass fractionsdetermined from
the models produce values consistent with current technology de-
vices (see Results section). Radiation calculationswere validatedby
running a zero-thrust trajectory in a circular equatorial orbit within
the Van Allen belts. Integration of the � ux levels for the � ight time
comparedwith analyticcalculationsfor thissimple trajectory.A triv-
ial case is run to check the validity of the radiation model. Results
were also obtained for circular inclined orbits to assess radiation
changes with latitude.12

Convergence studies were also performed for the fourth-order,
� xed-step, Runge–Kutta time integration scheme. A step size was
chosen for the three different types of trajectory: low-thrust, high-
thrust, and coast phase. To determine the sensitivity of the solution
to the step size, the same mission was run with three different low-
thrust integrationsteps1, 5, and10 s. The resultsshow thata stepsize
of 5 s gives a solution insensitiveto step size. Above 5 s, the solution
changesand becomes less and less accurateuntil it diverges(around
60 s). A step size of 0.01 s was chosen for the high-thrust and coast
phase. It gives an increment of 90 g of propellant expended each
time step during engine burns. This increment is small enough to
allowa smooth integrationof theequationsof motion.Moreover,the
stepsize is suitableto satisfythe switchconditionfor the secondburn
during the coast phase, that is, � ight-path angle less than 10¡3 deg.

Results
A parametric study is performed on four variables: the altitude/

radius of the � rst high-thrust burn (Rswitch), the payload mass, the
low-thrust engine type, and the inclination. The effect on the total
trip time, the spacecraft’s gross weight, and the radiation level are
all quanti� ed. For each run, TB1 ranges from 0 to 150 s. A value of
TB1 of zero corresponds to the low-thrust case (L). Consequently,
for this � rst run, the high-thrust inert mass is not included in the
propulsion mass budget. The high-thrust case (H) is run separately,
and the results are recorded in a table for later comparison.

Baseline Case
Table 3 highlights inputs assumed for a baseline case employing

an L/H/L strategy used in most of the studies. For this case, a more
detailed trajectory analysis and overall performance are presented.
Also, a complete mass budget and propulsion sizing is provided for
a chosen mission (TB1 D 75 s).

The baseline study demonstrates the ef� ciency of the TB2 algo-
rithm in providing a nearly circular orbit at arrival. The eccentricity
of the high-thrust transfer varies from 0 to 0.25 with TB1. After the
second burn, for TB1 D 150 s, an eccentricity of 0.013 is observed.
The � nal eccentricity ranges from 0.0011 to 0.0017, which is close
to the desired circular orbit.

Gross Weight/Time of Flight/Radiation Exposure for Baseline Case
Figure 5 summarizes results for the baseline case for a family

of vehicles spanning an all low-thrust (L) to an all high-thrust (H)
mission strategy. Results are summarized in terms of the � rst burn
of the high-thrust system. The time of � ight decreases as the chem-
ical propulsion portion of the mission is increased with TB1. As
mentioned earlier, this paper focuses on obtaining general trends
for different engine power. No intent was made to match speci� c
engine weights. Thus, in an attempt to keep the study generic, an-
alytical equations were used and, in some cases, lead to signi� cant
difference with actual thruster weight.

Table 3 Baseline case parameters

Parameter Value

Low-thrust engine HET-220
Inclination 0 deg
Payload mass 750 kg
Switch radius 7000 km

Fig. 5 Variation of total � ight time (days), gross mass (kilograms)
and radiation dosage (megaelectron volts per square centimeter)
with TB1 (HET-220 engine, Mpl = 750 kg, inclination = 0 deg and
Rswitch = 7000 km).

Without including any high-thrust system, the four HET-220 en-
gines give a fairly decent trip time (about 60 days). For a maximum
of TB1 D 150 s, the trip time has reduced to roughly 40 days. As
observed in Fig. 5, this reduction in trip time is accompanied by a
100% increase in gross weight. The ef� ciency of the high thrust to
reduce the radiation dosage is divided in four zones. Note that radi-
ation doses are expressed logarithmically.From 0 < TB1 < 20 s the
radiation remains essentially constant because the high-thrust sys-
tem does not boost the vehicle through a signi� cant portion of the
Van Allen belts. For 20 < TB1 < 55 s, the radiation dose decreases
from 3:7 £ 1013 to 0:4 £ 1013 MeV/cm2 , which represents a 90%
change. In this range, the high-thrust system is providing transit
across the main damaging radiation zone located between 1.2 and
1.4 Earth radii. For 55 < TB1 < 100 s, a small improvement is still
observedas the outer radiation belt is traversed.Beyond 100 s, only
a minor reduction in total radiation � ux is realized.

The lowest radiation level is obtained using the high-thrust case,
which then gives a radiation dosage of 3:12 £ 1010 MeV/cm2 . The
total radiation obtained with this case is 40 times smaller than the
dosage recorded at TB1 D 150 s for the L/H/L case. The high thrust
gives a lower bound to the radiation dose. However, it is dif� cult
to judge whether the radiation level for TB1 D 150 s is adequate in
terms of damage to the system. A more in depth study would be
needed to determine the maximum acceptable level of radiation on
the spacecraft. In fact, this is still a topic of debate in the industry;
the intent here is to assess the sensitivity of the total dose to the
propulsion system and trajectory choice.

Mass Budget and Propulsion Sizing
Table 4 summarizes the mass budget of the high-thrust and low-

thrust propulsion systems for the baseline case at TB1 D 75 s.
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Table 4 Mass summary for 750-kg payload

Variable Mass, kg

High-thrust propulsion system
Oxidizer (N2O4 ) 424.9
Fuel (MMH) 701.1
Oxidizer tank 29.3
Fuel tank 29
Pressurant 8.3
Pressurant tank 75
Combustion chamber/injector 1.9
Nozzle 13.6
Margin (5%) 56.3

Low-thrust propulsion system
Propellant (xenon) 355.4
Propellant tank 23.1
Thrusters/PPU 475.5
Radiators 85
Solar arrays 308.2
Margin (5%) 17.8

Table 5 Performance summary for 750-kg payload

Variable Value

High-thrust propulsion system
Tank pressure, MPa 1.08
Tank burst pressure, MPa 1.35
Pressurization tank pressure, MPa 21.
Combustion chamber pressure, MPa 0.862
Combustion chamber burst pressure, MPa 2.69
Thrust, N 26,700
Speci� c impulse, s 313.2
Thrust coef� cient 1.85
Contraction area ratio 2.85
Expansion area ratio 25

Low-thrust propulsion system
Tank pressure, MPa 24
Tank burst pressure, MPa 30
Thrust, mN 524
Speci� c impulse, s 2,379
Power, kW 43
Thruster ef� ciency, % 53

Propellant masses, solar arrays, and power conditioning masses
dominate the overall mass budget. The inert mass of the chemi-
cal propulsionsystem is dominatedby the pressurantand pressurant
tank.Note that the nozzle and combustionchamber/injectorsubsys-
tems have a � xed mass of 15.5 kg. The electric propulsion system
inert mass is dominated by the thruster and PPU, which accounts
for 52% of the inert mass of the system. Because of the very high
power levels required for processing of the four HET-220 thrusters
selectedfor this mission, signi� cant extrapolationfrom the database
used to develop the constants C and D in Eq. (1) is required for this
vehicle. The solar arrays comprise 34% of the inert mass of the
low-thrust system, whereas propellant tanks account for only 3%
of the total budget. Because the electric propulsion system is sized
almost entirely by the input power, inert mass is nearly independent
of the propellant mass. Therefore, for a given low-thrust engine,
the low-thrust inert mass is unlikely to change signi� cantly for the
different missions studied. For this particular design, the 750-kg
payload mass represents roughly 22% of the vehicle gross weight.

Tables 5 and 6 present performance and dimensional summaries
for this baselinecase.Tank and chamberpressureswere chosen to be
consistentwith current technologypropulsionsystems. Contraction
and nozzle half-angles represent the nozzle entry and exit angles
with respect to the centerline of the engine. Note that the 43-kW
power required for operation of the thruster bank necessitates large
solararraysand would representa substantialincreaseovercurrently
demonstrated power levels achieved for spacecraft.

The 37.5-m wing length represents a challenge for array design-
ers. Figure 6 presents a to scale schematic of the vehicle excluding
payload elements such as antennas and outer portions of the array.

Table 6 Dimensional summary

Variable Value

Oxidizer tank radius, m 0.503
Fuel tank radius, m 0.501
Pressurization tank radius, m 0.376
Combustion chamber radius, m 0.123
Contraction half-angle, deg 45
Combustion chamber length, m 0.268
Throat radius, m 0.0729
Exit radius, m 0.365
Nozzle length, m 1.09
Nozzle half-angle, deg 15
xe Tank radius, m 0.323
Solar array length (one wing), m 37.5
Solar array height (one wing), m 4

Fig. 6 Scale schematic of the baseline vehicle designed for TB1 = 75 s;
low-thrust engine: HET-220, inclination = 0 deg, payloadmass = 750 kg,
and Rswitch = 7000 km.

Orbit Description and Performance
The � ve phases of a general transfer mission are noted in Fig. 3.

The major part of the mission is spent in the last phase, corre-
sponding to about 88% of the total trip time for the baseline case at
TB1 D 75 s (150 revolutions). The � rst low-thrust phase represents
11% of the time of � ight (69 revolutions). The remainder is the time
is spent during the coast phase. The radiation dosage is the most
signi� cant during the last low-thrust phase. This is not surprising
because it is during this period that the spacecraft spends the major
part of its trip, a portion of which is in the upper portion of the Van
Allen belts for this baseline case with TB1 D 75 s. No radiation is
observedduring the � rst phasebecauseat the altitudeand inclination
� own, the radiation levels are negligible during this portion of the
trajectory. For the electric propulsion system, the thrust-to-weight
ratio starts as low as 6:23 £ 10¡5 and reaches its highest value at the
end of the mission with 1:26 £ 10¡4 . For the chemical propulsion
system, the same parametervaries from 0.82 for the � rst burn to 1.02
for the second burn. The low-thrust trajectory � ight-path angle and
eccentricityare small (see Fig. 3). The Hohmann transfer eccentric-
ity is about 0.15, and its maximum � ight-path angle is about 9 deg.

In� uence of the Switch Radius
The � rst high-thrust burn was performed at four different radii

(Rswitch ): 6578; 7000 (baseline case); 9000; and 10,000 km. The
Rswitch case of 6578 km represents the initial LEO orbit assumed
and, therefore,representsa case where no electricpropulsionis used
before chemical propulsiveburns (H/L case). In many respects, this
architecture is the most sensible because it would not necessitate a
deploy/storage/deploy scenario for the solar arrays. Over the Rswitch

range considered, the switch radius has little in� uence on the gross
weight.The major change is an increase in the low-thrust propellant
mass because the � rst phase lasts longer for a higher switch radius.
For a TB1 of 150 s, the gross weight is roughly 5% larger for a
switch radius of 9000 and 10,000 km than for a switch radius of
6578 and 7000 km.
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Fig. 7 Time of � ight (days) for different switch radii (HET-220 engine,
Mpl = 750 kg, and inclination = 0 deg).

Fig. 8 Radiation dosage (megaelectron volts per square centime-
ter) for different switch radius (HET-220 engine, Mpl = 750 kg, and
inclination = 0 deg).

The total trip behavior is shown in Fig. 7. The H/L case presents
the lowest trip time. The high-thrustphase occurs at the very begin-
ning of the mission and the high-thrust inert mass is dropped just
after the � rst phase. As Rswitch grows, the time spent in the � rst low-
thrust phase increases, leading to a longer time of � ight. Note that
there is an optimumvalueofTB1 (about50 s for Rswitch D 10;000 km
and about 100 s for Rswitch D 9000 km). Beyond this optimum, the
time of � ight increases, although more energy is given to the sys-
tem. This effect is attributed to the growth in vehiclemass attendant
with the increased use of the chemical propulsion system, that is,
even though more velocity increment is imparted by the chemical
stage, the � rst low-thrust burn is impacted by the heavier vehicle
during this segment. For a switch radius of 10,000 km, the trip time
of the L/H/L case at TB1 D 150 s is higher than the L case. There-
fore, the gross weight increase does not have a great impact on the
trip time as long as the Hohmann transfer is performedclose enough
to the departure orbit.

The in� uence of the switch radius on radiation exposure is pre-
sented in Fig. 8. The high-thrust system is completely ineffectivein
reducing radiation exposure for an Rswitch of 9000 and 10,000 km.
This was expected because the � rst low-thrust phase occurs in the
high-energyradiationzone, and the time spent in this zone increases
as the vehicle gets heavier. For a given TB1, the high-thrust phase
effectiveness in reducing radiation dosage is delayed for the H/L
case as compared to the baseline case. The altitude reached after
a � rst burn time of 50 s is lower because the mission started at

Fig. 9 Vehicle gross weight changes with varying amounts of chem-
ical propulsion: effects of electric propulsion engine (Mpl = 750 kg,
inclination = 0 deg, and Rswitch = 7000 km).

6578 km instead of 7000 km. Thus, it needs more energy to cross
the high-energyradiationzone. Consequently, the L/H/L strategy is
preferred to minimize radiation exposure.

In� uence of the Electric Propulsion Engine
Three electric propulsion engines are studied: HET-220, SPT-

100, and ESEX. Note that the four HET-220 have approximately
the same thrust level as the ESEX (about 2 N). The four SPT-100
supply a much lower thrust level of about 0.33 N, which represents
one-sixth of the ESEX engine thrust.

Figure 9 provides a gross weight comparison for vehicles based
on the three engines for the conditions noted in the baseline case
in Table 3. The SPT-100 system gross weight is the lowest be-
cause its power consumption, inert mass, and propellant consump-
tion are the lowest. The HET-220 system provides a lower gross
weight than the ESEX-based vehicle for a TB1 smaller than 50 s.
For small TB1, more low-thrust propellant is required and the ar-
cjet engine consumes about 2.6 times more propellant than the
HET-220 system. However, the ESEX-based vehicle has an inert
mass 2.25 times lower than the HET-220 due to the lower power
requirement (26 vs 43 kW for the HET-220 system). As high-thrust
energy is added, the low-thrust propellant mass decreases. Thus,
the inert mass becomes a more dominant parameter and, for TB1
higherthan50 s, theHET-220grossweightexceedsthe ESEX-based
vehicle.

The four SPT-100 design reaches GEO in about 220 days for the
all-electric L strategy and in about 125 days for a TB1 of 150 s.
This trip time is not appealing for commercial applications,which
generally desire a maximum of 90 days. The HET-220 and ESEX
are in the same order of time of � ight (about 60 days maximum)
with a slightly better result with the ESEX (about 5 days shorter).
Again, this can be explainedby the difference in inert mass between
the two engines.

The HET-220 and ESEX-based vehicles exhibit about the same
radiation damage. As expected, the radiation damage is the most
important when using the SPT-100 with a radiation of about
14 £ 1013 MeV/cm2 for the L case (Fig. 10). This is 3.5 times
higher than the ESEX and HET-220. There is a small region in the
design space near TB1 D 35 s where the SPT-100 system actually
provides the lowest dosage. This interesting result occurs because
the SPT-100 vehicle is inherently lighter than the other two alter-
natives, and, with a modest amount of chemical propulsion, a large
extentof the radiationzonescan be traversed.At higherTB1 values,
the heavier ESEX and HET-220-based vehicles are able to traverse
the highest radiation zones, and overall trip time effects become
more important. In this high-radiation region, the SPT-100 system
has the highest radiation dosage.

In� uence of Payload Mass
To assess the in� uence of the payload masses on the results, the

code was run for three different payload masses: 500, 750, and
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Fig. 10 Radiation dosage (megaelectron volts per square centimeter)
for different low-thrust engines (Mpl = 750 kg, inclination = 0 deg, and
Rswitch = 7000 km).

Fig. 11 Radiation dosage (megaelectron volts per square centime-
ter) at different inclinations vs TB1 (HET-220 engine, Mpl = 750 kg,
Rswitch = 7000 km).

1000 kg for the other baseline cases noted in Table 3. Essentially
linear results were obtained for these cases, with gross weight, trip
time, and radiation dosage all scaling directly with payload mass.12

A changein payloadmassof 250 kg leads to a change in grossweight
of about350 kg. The trip time increasesabout9.5 days for the L case
and about 8 days for an L/H/L with a TB1 of 150 s per 250-kg in-
crease in payload mass. An increment of 0:55 £ 1013 MeV/cm2 was
computed as the payload mass increased by 250 kg. Also, as the
spacecraft carries more payload, more high-thrust energy (about
8 s in TB1) is required to obtain the same ef� ciency in decreas-
ing the radiation level. Note that the minimum radiation exposure
(about 3 £ 1010 MeV/cm2 ) is obtained with the H case. The damage
increases slightly with the payload mass. However, the H case ex-
hibits a very high gross weight that varies greatly with the payload
mass between 5000 for a payload mass of 500 and 10,500 kg for a
1000-kg payload mass.

In� uence of Inclination Angle
The inclination only affects the radiation level because the tra-

jectory is assumed to be coplanar in this study. However, a transfer
from LEO to GEO requires a plane change from an inclination
of 28.5 deg to an inclination of 0 deg if one assumes a coplanar
launch from NASA Kennedy Space Center. Thus, the in� uence of
four different inclinationsis studied (0, 10, 28.5, and 45 deg). Other
conditions were consistent with those in the baseline case noted in
Table 3. Results in Fig. 11 indicate that an inclination of 10 deg is

small enough to produce a radiation history almost identical to the
baseline case with 0 deg of inclination. The high-thrust ef� ciency
in reducing the radiation dosage is better than the baseline case for
TB1 > 50 s due to the torroidal shape of the zone being crossed.
This effect tends to be more pronounced at the higher inclinations;
recall that the radiationbelts are mainly con� ned to inclinationsbe-
low 60 deg, and so higher inclinations intercept an ever-decreasing
slice of the zone. Consequently, a coplanar transfer is reasonable
for predicting radiation damage because most of the plane change
typically occurs outside the radiation zone.

Inclinations of 28.5 and 45 deg exhibit a radiation pro� le differ-
ent from the baseline. The high-thrust transfer reduces the radiation
level until it reaches an optimum value (TB1 of about 50 s). Be-
yond this optimum, the radiation damage rises again. There are
several reasons that explain this behavior. For a circular trajectory
at R D 7000 km, the L-shell value is in� uenced by the inclination.
The L-shell value oscillates more as the inclinationgets bigger [see
Eq. (2)]. For an inclination of 28.5 deg, the vehicle � ies about 40%
of its circular period in the highest radiation zone, although, for the
baseline case, the orbit does not enter this highest energy off-axis
region. The switch between radiation zones tends in general to be
an advantage for the radiation dosage except for the � rst low-thrust
phase in the L/H/L strategy.For small inclinations,this phase of the
mission stays out of the high-radiation energy zone. For the base-
line case, the main damage is due to the last low-thrust phase. There
is no damage during the � rst low-thrust phase and the high-energy
zone is crossedusing the high-thrustpropulsion.The damageduring
the coast phase is also negligible due to its relatively short time of
� ight. However, for higher inclinations, the L-shell value increases
and a portionof the trajectory in phase 1 is subject to high-radiation
damage. Thus, the time of � ight, which had not had an effect on the
radiation level before, now plays an important role.

Conclusions
A hybrid orbital transfer that employs both low-thrust electric

propulsionand high-thrustchemical propulsionhas been evaluated.
The high-thrust system has been shown effective in reducing trip
time and radiation damage in the Van Allen belts, whereas the ef-
� ciency of the low-thrust system provides for dramatic reductions
in vehicle gross weights. Both H/L (high-thrust followed by low-
thrust phase) and L/H/L strategieswere studied; the latter strategy is
employed to provide ef� cient transit to the lower edge of the high-
radiation zones. The L/H/L strategywas proven to be more ef� cient
than the H/L strategy, although this approach would necessitate a
deploy/storage/deploy strategy for solar arrays.

Depending on the relative amounts of chemical propulsion em-
ployed, radiation exposures can be reduced by a factor of 10–50
compared to an all electric propulsion vehicle over the parameter
range studied. The baseline switch radius of 7000 km appears a
reasonable choice for an equatorial plane change in providing the
bene� ts of electric propulsionbefore entry to high-radiationzones.
However, a slightly higher or lower value can result, depending on
the inclination of the initial orbit.

Among the three electricpropulsionenginesstudied, the SPT-100
is the most attractive in terms of reducing vehicle gross weight at
the expense of slightly higher trip times and radiation exposures.
In spite of its inferior speci� c impulse, the ESEX engine provided
competitive designs due to the reduced power requirement as com-
pared to the other vehicles studied. To obtain trip times less than
one year, four engine clusters of the HET-220 and SPT-100 engines
were required to boost payloads in the 500–1000-kg range. As a re-
sult, vehicles based on these systems have more demanding power
requirements. The inclination has a complex and signi� cant in� u-
ence on the radiation damage. Because of the torroidal shape of the
Van Allen belts, the highest radiation was noted at a 28.5-deg in-
clination for vehicles using modest to high amounts of high-thrust
propulsion. For vehicles using lower amounts of chemical propul-
sion, low-inclination trajectories provided the highest damage.
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